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Summary.
A  pre-preliminary project for a SSTO spaceplane, taking off from and landing on a runway, is proposed. It consists of an integrated wing-body structure of silicon-carbon fiber, (SiC), with a double delta planform developed as a waverider. Its propulsion is conceived as a further development of the SABRE engine under development by Reaction Engines Ltd., by using also nanotube SiC heat exchanger technology, but extending it to a ramjet flight phase until M = 8 before igniting rocket propulsion. The helium heat exchanger technology is also applied for active skin cooling at the lower side and the leading edges of the vehicle.

The optionally manned vehicle is to be designed for the transport of a payload of 15000 kg to and from an orbit of 150 km, (ISS), without the effect of earth rotation. It is showed with an assessment of masses, aerodynamics, propulsion and resulting performance, that the realization of such a project is feasible, provided that the assumptions, made in this assessment, are verified with appropriate technology research programs in the coming years, for which it serves as a focal point.

Only with reusable spaceplane transportation the access to space will be opened up to broad economic interest and an important factor for future growth of world economy and prosperity.
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1. Introduction.
Since the beginning of astronautics pioneers have dreamt of an airplane taking off from the earth surface and flying as a single stage vehicle directly into orbit. During the past 10 years it has become remarkably silent around this subject, since at that time the technological problems to realize an SSTO (=Single Stage To Orbit) vehicle, taking off and landing on a runway, were considered as practically insurmountable within a reasonable time schedule.
But already some years ago the company Reaction Engines Ltd., (REL), was found by engineers, who worked with Rolls Royce at the HTOL project, which was abandoned. They brought in their experience with them and proposed the SKYLON SSTO  unmanned spaceplane, ref.[1], with an innovative propulsion system, called the SABRE engine, ref.[2], which is a hybrid between a pure rocket system and a pre-cooled air breathing turbojet. The two driving innovations with it are the use of a closed helium cycle to drive the turbo compressor and the use of lightweight heat exchangers, based on nanotechnology.

Although many fundamental questions are left open for the time being the author is very inspired by this magnificent work on the SKYLON with the SABRE engine and he decided, instead of asking many questions, to present his own idea for an optionally manned spaceplane with extended ramjet operation, more or less based on the same technology, but according to his lifetime professional experience with the design, development and test of airplanes, launch and reentry vehicles, as well as missiles and their components.

2. General Description.
2.1. Vehicle Description.
Compared to the SKYLON the VULCAN II, named after the famous VULCAN bomber in order to honor the still living spirit, with which this aircraft was already designed during the year 1946 and with which aircraft the VULCAN II has a also certain external resemblance. She has a double-delta wing planform for a better compromise between requirements for convenient take-off, landing and low-speed as well as good high-speed flight and reentry characteristics. Her engines are located close to its longitudinal axis in order to avoid loss of control in the case of engine failure or unstart, causing a fatal accident with the Lockheed SR-71. In figs.1 and 2 simplified transparent views of the VULCAN II are presented.
She has an integrated carbon-silicon, (SiC), hot structure, partially cooled with helium, with the filament textures and the shape of its different parts are tailored to their loading and functions. The integrated wing-body structure is designed to carry the relative to the wing-body area low aerodynamic loads during the different flight phases and with its actively cooled nose section, leading edges and lower side also to withstand the thermodynamic loads during reentry. The tank structures for the different cryogenic fluids and gasses, as well as the payload bay and the cabin for an optional crew are designed as double-walled pressure vessels. The propulsion and the reaction control systems have their own dedicated structure, integrated in and connected to that of the wing-body.
In order to enable extended air breathing operation two variable geometry shark mouth like intakes for the propulsion system are provided, who complicate of course the construction lay-out of the helium cooled structure. They are closed during the rocket propulsion flight, subsequent space maneuvering and reentry flight phases. Electrically operating doors, like those for the intakes. are also provided for the extension and retraction of the landing gear, as is indicated in figs.1 and 2.

Two liquid hydrogen-oxygen rocket engines with nozzle flow control and a nitrogen cold gas reaction system are provided for reaction control during these flight phases.

Aerodynamically, the lower side of the wing-body is conceived as a cranked waverider, ref.[3] and [4], with its design point at a Mach number M = 8 with extended ramjet operation, deliberately chosen in order to enable the use of only actively cooled SiC structure for the leading edges and for the directly affected part by reentry heat flow. It implicates that the pressure on the lower side around that Mach number is largely constant and consequently its contribution to the induced drag is very small. This is, of course, not the case with the suction force on the upper side, although, with it being confined within the local Mach cone, its effect on the induced drag is also reasonably limited.
Thermodynamically, the heat transfer at reentry to the structure, cooled with recycled helium, should be limited by observing and keeping the range of angle of attack at reentry within a relatively small band, in order to find a balance between higher thermal loads, but within a short time, and lower thermal loads, but during a longer time. It must be investigated with appropriate dedicated tests in a special wind tunnel for high hypersonic Mach numbers and low density. Ultimately conclusive flight tests should be conducted  with a remotely piloted free-flight model on reduced scale.
2.2. Description of the Propulsion System.
The TRIDENT hybrid propulsion system of the VULCAN II is based on that of the SABRE engine of the SKYLON, but with its pre-cooled air breathing operation phase extended to ramjet operation until M = 8 by switching off the helium-driven air compressor at M > 5 and subsequently reducing the heat flow of the pre-burner or possibly switch it off. Differing with that of the SABRE, the variable near-isentropic two dimensional supersonic intake with a shape according tot the corresponding Prandtl-Meyer-flow, ref.[5], turns the already pre-compressed air flow without substantial spilling inward into the heat exchanger and subsequently into the combustion chamber. In fig. 3 a schematic lay-out of the TRIDENT hybrid propulsion system is presented, with an annex explaining the symbols.
Helium, as with the SABRE, is used as the heat transferring medium between the liquid hydrogen fuel and intake air without affecting chemically any material. For this reason it is also used to transfer the heat from those structure parts, that are affected by excessive heat flow. Because its higher specific heat ratio as a mono atomic gas, helium drives also the hydrogen and oxygen pumps by turbines in 2 close circuits per engine, with a mechanically or electrically interconnected starter/generator.

.
The proposed heat exchanger technology is based on the development of sintered silicon carbide (SiC) nanotechnology tubes with extremely thin wall thickness by Saint Gobin Advanced Ceramics, as mentioned in refs.[6] and [7], as well as alternatively a reaction bonded process developed by Tenmat Ltd. Since with the extended ramjet operation it is intended here to be used for M > 5, it will require a lot more of challenging additional technology development and testing, requiring a much larger flow quantity ratio of recycled helium in respect of the air mass flow to cope with the much higher intake air temperature. It emphasizes the reason to limit for the time being the operation of the ramjet phase to M = 8.

The single nozzle for all 3 propulsion modes has a variable geometry, but with a fixed helium cooled plug and a movable shroud, cooled by a film of scooped intake boundary layer air during the air breathing flight phase or hydrogen during rocket propulsion. With this geometry arrangement the single nozzle responds to the requirement for large change of the throat area and the corresponding expansion ratio. For the required energy supply of equipment systems and cooling with helium the plug is conceived with a similar structure as the pre-cooling heat exchanger.
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 Fig.2: Cutaway system sketch of front & rear view of VULCAN II.               
Abbreviations:  RCS        = Reaction Control System

                         OM & C  = Orbital Maneuvering & Control                                                                                                                                                                                                                                                                                                                                                                                                                                                                                                                                                     
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3. Dimensions.
In table 1 the estimation of the to be expected main dimensions is presented.

Table 1: Main Dimensions
	Length over all
	       l
	100
	      m

	Span
	       b
	75
	      m

	Height over ground
	     Hog
	37
	      m

	Aerodynamic reference area
	     Aref
	2800
	      m2

	Wetted Surface reference area
	  Wsref
	7200
	      m2

	Aspect ratio
	=b2/Aref
	2
	 

	Engine main frame diameter
	    demf
	5
	      m

	Diameter of payload bay
	    dbay
	6,25
	      m

	Length of payload bay
	     lbay
	14
	      m


The aerodynamic reference area is defined as the total vertical projected wing-body area.
4. Masses.

The mass estimation, presented in table 2, is based on the already mentioned integrated SiC wing-body structure with partial active cooling, including the propulsion system, H2, O2, N2 and He tanks, landing gear and further equipment. The structure mass estimation is made with ref.[8], taking into account a 25% reduction of the unity mass data for aluminum, (kg/m2),  indicated by ref.[8], by using SiC instead.
It is assumed, that the estimated quantity of helium covers the requirements of the turbines, the heat exchangers and the partial structure cooling, taking into account their only partial simultaneous operation during the different flight phases.
The estimated mass data of table 2 for the hydrogen and oxygen masses have been corrected and verified with the flight performance calculation of chapter 7.
Table 2: Mass estimation.

	Item
	parameter
	mass relation
	mass [103*kg]

	Wing-body structure
	unit mass
	    4,75 kg/m2
	19,95

	Tank structure
	unit mass
	    3,5 kg/m2
	6,87

	Fin structure
	unit mass
	    4,3 kg/m2
	1,29

	Propulsion system
	 
	   estimated
	1,50

	Heat exchangers
	
	   estimated
	1,00

	He
	
	   estimated
	1,00

	Landing gear
	 
	 ≈ 4% of MLM
	2,00

	Pumps and other equipment
	
	   estimated
	1,00

	Operating Mass Empty
	 
	 
	32,61

	Payload + astronauts
	 
	 
	15,00

	Zero Fuel Mass
	 
	 
	47,61

	LH2
	density
	      71 kg/m3
	112,97

	O2
	density
	  1140 kg/m3
	158,97

	N2
	estimated
	 
	1,00

	Take-Off Mass
	 
	 
	319,55

	Maximum Landing Mass
	estimated
	 
	60,00

	Wing loading at TOM
	 
	  114,13 kg/m2
	 

	Wing loading at MLM
	 
	    21,43 kg/m2
	 


5. Aerodynamics.

The aerodynamic characteristics of the VULCAN II, relevant to its flight performance, are estimated with theory and data from ref.[4], [5] and [9].

Let us recall the following definitions of aerodynamic coefficients and equations:

Lift coefficient 
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with L = Lift [kN], D = Drag [kN], q = dynamic pressure [bar], 
 = Angle of Attack [º], (AoA), and 
Aref = Aerodynamic reference area [m2]. 
We can split up cD in a lift independent term and in a lift induced term:
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With cF = Friction coefficient from ref.[9], (fig.4b with Re ≈ 108), 
= 
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cDintb = interfer. & base Drag coeffient = 0,1* cF*WSref/Aref estimated. 

Let us consider here further only small values for , so we assume here 

sin  =  and  cos  = 1.
5.1. Subsonic Flow.

According to ref.[5] we make for the increment of cL with for subsonic flow the assumption, that it is to a large extent constant and only depending on the Mach number M and the aspect ratio , according to the following relation:
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 [1/º]           eq.[3]
We can write then for cD with eq.[3]:
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         eq.[4]
5.2. Supersonic Flow.
The waverider is described in ref.[3] and [4] as the three dimensional extension of the two dimensional wedge to an inverted V-shape wing-body with a constant pressure at the lower side. Its geometry encloses at the design Mach number M = 8 fully the compressed 2-dimensional flow at the flat lower side of the wing-body combination, also without induced drag, depending only of the Mach number and the flow deflection angle, which equals here  The aerodynamic characteristics of the waverider will be more thoroughly assessed in agreement with refs.[3] and [4] and extensively described by the author in the document “Waveriders in the Sky”, to be edited in the forthcoming time. At the upper side of the VULCAN II, we have to take account for suction forces, independently of the flow at the lower side.

However in this document we limit ourselves to a more general assessment of the aerodynamic forces in order to make a first global and preliminary performance evaluation.

In the case of supersonic flow we must distinguish a wing with a subsonic leading edge, around which the flow can pass, from a wing with a supersonic leading edge, around which the flow cannot pass. This depends on the Leading Edge parameter LEp, which determine the tangent ratio of the wing sweep angle s to the half angle of the Mach cone. In accordance with ref.[5] we obtain for a delta wing:
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Let us first consider the case of the supersonic leading edge, also LEp > 1, as it represents the more simple case. 
With ref.[5] we find:
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 [1/º]     eq.[7]. And with the wave drag coefficient
        
[image: image15.wmf]1

M

4

cL

180

cL

cDw

2

2

2

-

*

=

p

*

a

*

=

a

                                                   eq.[8]
       
[image: image16.wmf]180

cL

Aref

Sref

cF

1

,

1

cDw

cD

cD

2

0

p

*

a

*

+

*

*

=

+

=

a

                           eq.[9].
In the case of the subsonic leading edge with LEp < 1 the effect of the induced drag is already included within cDw and applies for the VULCAN II only to the strongly swept front part. Its contribution to the total reference area will be assumed to be 25% and its inverted V- angle f= 12,5º.
For this front part we must then modify eq.[5] to:
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eq.[10]
The relation between the lift slope of the front part cLf and mf can be retrieved from a graph in ref.[5], section 8.4, page 191.
We can write then for the case m < 1 for the front part for the total lift slope cL(LEpf < 1):
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For cDw and cD eqs.[8] and [9] can still be used.
These off-design aerodynamic characteristics of the waverider will also be more extensively described by the author in his document “Waveriders in the Sky”, to be edited in the forthcoming time.
5.3. Maximum Lift-to-Drag Ratio.
For the maximum L/D = cL/cD ratio, which is of special interest, we obtain with differentiation of it to and setting d(cL/cD)/d = 0: 
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for M < 1         
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for M > 1         
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5.4. Compilation of Aerodynamic Data for Performance Calculation.
In table 3 the estimated aerodynamic data required for performance calculation depending of the Mach number are compiled according to eq.[1] to [13].

We see in table 3 for  and the maximum Lift-to-Drag ratio (L/D)max for the supersonic flow only a slight variation with M. We cant therefore the nozzles upward with an angle of 3º, in order to use the maximum thrust force at high Mach numbers, in accordance with modern jet fighters.
Table 3: Aerodynamic data required for performance calculation.

	      M
	  cLº]
	     cF
	     cD0
	      cD*
	   *  [º]
	     cL*
	 L/Dmax

	0,25
	0,0568
	0,00295
	0,0083
	0,0167
	2,90
	0,1647
	9,871

	0,5
	0,0635
	0,00290
	0,0082
	0,0164
	2,72
	0,1727
	10,526

	0,8
	0,0916
	0,00282
	0,0080
	0,0160
	2,23
	0,2046
	12,825

	2
	0,0363
	0,00232
	0,0066
	0,0131
	3,05
	0,1108
	8,442

	2,5
	0,0281
	0,00220
	0,0062
	0,0124
	3,42
	0,0962
	7,726

	3
	0,0233
	0,00190
	0,0054
	0,0107
	3,53
	0,0824
	7,665

	3,5
	0,0203
	0,00174
	0,0049
	0,0098
	3,68
	0,0747
	7,589

	4
	0,0178
	0,00160
	0,0045
	0,0091
	3,79
	0,0675
	7,459

	4,5
	0,0159
	0,00135
	0,0038
	0,0076
	3,71
	0,0590
	7,726

	5
	0,0143
	0,00131
	0,0037
	0,0074
	3,86
	0,0550
	7,422

	5,5
	0,0129
	0,00120
	0,0034
	0,0068
	3,88
	0,0501
	7,381

	6
	0,0118
	0,00115
	0,0033
	0,0065
	3,97
	0,0469
	7,209

	6,5
	0,0109
	0,00106
	0,0030
	0,0060
	3,98
	0,0432
	7,206

	7
	0,0101
	0,00099
	0,0028
	0,0056
	3,98
	0,0401
	7,198

	7,5
	0,0094
	0,00095
	0,0027
	0,0054
	4,05
	0,0380
	7,076

	8
	0,0088
	0,00089
	0,0025
	0,0050
	4,05
	0,0356
	7,074

	8,5
	0,0083
	0,00084
	0,0024
	0,0048
	4,06
	0,0336
	7,061


5.5. Boundary Layer Temperature.
The VULCAN II is subjected to aerodynamic heating, not only for a relatively short time during reentry, but also during air-breathing ascent flight of longer duration. The maximum temperature of the boundary layer is a crucial parameter for structural design. 
The determination of the boundary layer wall temperature Tw of the air is made according with the data and method, described in ref.[10]:
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                 eq.[14],
With T0 = free stream air temperature and Pr = Prandtl number, which is defined as the heat conductivity ratio of the air at the boundary layer wall. In case of an adiabatic single atom gas the Prandtl number Pr = 1. Since for air Pr is only a little dependent from temperature, we estimate in accordance with ref.[14]: Pr = 0,7. We obtain then with eq.[14]:
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For M =  8 and    = 1,3, (see under 6.1.), we find:  Tw = 2005 ºK.
6. Propulsion System Characteristics and Performance.
The preliminary characteristics and performance estimation of the propulsion system is based on estimated data provided by Reaction Engines Ltd. for the SKYLON, ref.[1], the SABRE, ref.[2], the SCIMITAR, being its variant with sustained long range subsonic cruise capability, ref.[11], and their heat exchanger investigation and experience, refs.[6] and [7]. It is further supported by data from ref.[12], based on 80 years of experience and research with ramjet development in France with NORD AVIATION, (now EADS), and ONERA.
Based on the Spalding graphic method, ref.[13], and transferring it into an Excel spreadsheet calculation, the characteristics and performance of the ramjet, including pre-cooling, will be more thoroughly assessed and extensively described by the author in his document “Waveriders in the Sky”, to be edited in the forthcoming time.
6.1. Pre-Cooling Heat Exchanger Characteristics.
The characteristics of the pre-cooling heat exchanger are determined by the requirement to realize a more efficient compression in the intake and to reduce its static temperature to an acceptable level for efficient combustion. As with the design for the SABRE pre-cooler it makes sense to accept the theoretical stagnation temperature Tts as a design parameter. We can write for it the well-know gas dynamic relation:
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With T0 = 222 ºK free stream temperature and  we would obtain for M = 5 a value of Tts = 1332 ºK, corresponding more or less with the number for the pre-cooler intake of the SABRE, (refs.[6] and [7]), but we would obtain for M = 8 an extremely high value of  Tts = 3064 ºK. However we must consider real gas conditions, according to ref.[14] determined by increasing molecule vibration excitation and transition to dissociation above a temperature T = 2000 ºK. Above T = 9000 ºK ionization starts. These real gas effects result in a dependence = f(T). This dependency is presented for air in  fig.4 from specific heat calculation at different temperatures based on quantum mechanic theory, indicated in refs.[14] and [15] and presented in 

refs.[16] and [16] in tables. These calculations are made with assuming a constant pressure of 1 bar. However in reality the process of molecule vibration excitation and transition to dissociation is generally also pressure dependent, as is shown for a rocket nozzle in ref.[17] and also other documents. Due to the reduction of molecule free way length the temperature dependency of  is shifted to higher temperatures with pressure increase and vice versa, but at a much lower rate than the temperature dependency. These real gas effects, although they are consuming energy, which is lost for propulsion efficiency, are beneficial for the design of heat exchangers by attenuating the heat flow.
Since a change of the gas composition after burning hydrogen is small because of its low molecular weight, fig.4 can also be used for hydrogen combustion gas, but limited to preliminary design purposes. 
Fig.4: Specific heat ratio  for air depending from temperature T.
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Let us now compare in fig.5 the theoretical stagnation temperature Tts calculated with eq.[14],  with T0 = 222 ºK, and  with the same calculation of a stagnation temperature Ts with eqs.[17] and [18], for 
T0 = 222 ºK, but with the average values of  between  and = f(T) of fig.4. We then take partly into account on a preliminary and only quality basis the pressure increase, resulting in a lower average value of
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. A verification of this crude assumption can only be made by experiment. We assume then:
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In fig.5 the stagnation temperatures depending from M for = 1,4 and respectively for = f(T) are displayed. We see for M = 8 a notable lower stagnation temperature Ts = 2673 ºK than the theoretical stagnation temperature Tts, due to the real gas effects. 
Fig.5: Stagnation Temperatures depending from Mach number.
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Although these real gas effects are for the design of the heat exchanger itself beneficial, it is still a considerable challenge to design and build a pre-cooler heat exchanger to lower this already attenuated air temperature by real gas effects to about 100 ºK. But the quantity of required helium may be kept to a reasonable level by the fact that, assuming flight with constant dynamic pressure, the air flow will be considerably reduced in respect to M = 5 for the SABRE at the corresponding altitude to M = 8 for the TRIDENT. An extensive R & D program will be required for the practical realization of such a lightweight heat exchanger.

6.2. Estimated Engine Performance.
The main engine performance parameters used here are its propellant specific impulse Isp and its total efficiency  They are independent of the dimensions of the engine, as is explained by their definitions in the following lines.
For the specific impulse Isp in [s] we must write:
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With considering the 2 engines together:
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6.2.1. Estimated Engine Performance with Air Breathing Operation.
With air breathing operation we obtain with the law of conservation of momentum:
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      eq.[20],
with:  
[image: image37.wmf]dt

dma

ma

=

·

 = total air mass flow 
[image: image38.wmf]ú

û

ù

ê

ë

é

s

kg

,      

          
[image: image39.wmf]vthex

 = theoretical exhaust velocity 
[image: image40.wmf]ú

û

ù

ê

ë

é

s

m

,
 

         
[image: image41.wmf]a

M

v

*

=

 =  flight speed
[image: image42.wmf]ú

û

ù

ê

ë

é

s

m


         
[image: image43.wmf]M

=  Mach number ,  
[image: image44.wmf]a

  =  speed of sound  
[image: image45.wmf]ú

û

ù

ê

ë

é

s

m


The theoretical exit velocity vthex would be attained in a nozzle with a complete expansion to ambient pressure and not to be confounded with vadex, being the exit velocity by transforming adiabatically the combustion heat energy of the gas completely into speed.  
In practice the flow expands in the nozzle incompletely to a higher than the outside pressure, which would result theoretically in obtaining the same momentum. However the pressure difference will lead to a diverging of the flow at the nozzle exit, causing a momentum loss. Film cooling of the nozzle by air or hydrogen results in an additional exit velocity and momentum loss. These losses are included in vthex and documented in ref.[17].
We can transform eq.[20] to eq.[21] in order to obtain:
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                 eq.[21]
We see from eq.[21] the general dependence of Isp from the difference of vthex and v. It shows the characteristic limitation of the use of all air breathing propulsion systems in accordance with the law of conservation of momentum. With this in mind we have set already for the time being for this study M = 8 for the maximum Mach number for air breathing propulsion.
With the law of conservation of energy and taking into account the engine internal efficiency int we obtain: 
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and by transforming:  
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  rel.[23]
with for hydrogen the specific combustion heat hc = 121 106 [J/kg].
With the Isp data from ref.[11], table 2, for the LAPCAT engine, which differs from the SABRE by being only partly pre-cooled, we can calculate for that engine vthex with eq.[22] and subsequently with eq.[23] for M = 2,5 int = 0,48 and for M = 5,5 int = 0,824. However we must consider that the LAPCAT differs in conception from the SABRE and the TRIDENT and uses according to optimization conditions ratios for 
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 below stoichiometric combustion.
Let us for the TRIDENT in this first assessment select stochiometric combustion conditions in order to obtain maximum acceleration for climb with maximum L/D ratio at constant dynamic pressure q and thus the shortest flight time and accordingly the lowest fuel consumption. A quantity numerical optimization we would then leave to be executed at a later date.

Corresponding to this assessment we find 
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For the time being a constant value for the internal efficiency int = 0,7 is assumed here within the pre-preliminary scope of this document.
However taking into consideration calculation results already been obtained by the author in the preparation of his document “Waveriders in the Sky”, which is based to a large extent on ref.[13], as well as losses due to a non-isentropic heat exchanger, different values for int depending from the Mach number M will be obtained. Since these investigations are not yet completed, they are not incorporated in this study.
6.2.2. Estimated Engine Performance with Rocket Operation.
The performance with rocket propulsion is characterized by the straight forward basic relation between thrust, theoretical exhaust velocity and propellant mass dissipation, consisting for the rocket propulsion phase of liquid hydrogen an oxygen, by the law of momentum conservation:
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With the definition of the specific impulse Isp by eq.[19] we obtain for rocket propulsion a direct relation between Isp and vthex:
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With an adiabatic exit velocity vadex = 5180 m/s from ref.[15] and a measured value for Isp = 500 s  from ref.[12] we obtain vthex = 4905 m/s. The value of  vthex/vadex = 0,947 corresponds well with the practical nozzle quality data, including pressure loss et the exit and momentum loss by film cooling of the moving part of the nozzle, from ref.[17].                          
6.2.3. Engine Efficiency.
For the total engine efficiency  we can write, by taking into account again the law of energy conservation,:
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   eq.[26] and with eq.[19]: 
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6.2.4. Engine Performance Table and Diagrams.
With the values for int and subsequently vthex for the pre-cooled turbo-ramjet with hydrogen fuel, the specific impulse Isp and the total efficiency  in dependency of the Mach number M is calculated, together with the same values for the turbo-ramjet without pre-cooling and the 2H2 – O2 rocket propulsion, in Table 4:
	
	without pre-cooling
	 
	with pre-cooling
	 
	 
	rocket 2H2 + O2

	     M
	    Isp [s]
	
	vthex[m/s]
	  Isp [s]
	
	   Isp [s]
	

	0
	5250
	
	
	7877
	
	500
	

	0,8
	5000
	0,120
	
	7084
	0,136
	500
	0,010

	2
	5000
	0,239
	
	6009
	0,287
	500
	0,024

	2,5
	4800
	0,275
	
	5600
	0,335
	500
	0,030

	3
	4550
	0,316
	
	5212
	0,374
	500
	0,036

	3,5
	4300
	0,360
	
	4846
	0,406
	500
	0,042

	4
	4100
	0,392
	
	4499
	0,430
	500
	0,048

	4,5
	3850
	0,414
	
	4170
	0,449
	500
	0,054

	5
	3650
	0,436
	
	3859
	0,461
	500
	0,060

	5,5
	3350
	0,441
	
	3564
	0,469
	500
	0,066

	6
	3100
	0,445
	
	3284
	0,471
	500
	0,072

	6,5
	2850
	0,445
	
	3018
	0,469
	500
	0,078

	7
	2500
	0,419
	
	2765
	0,463
	500
	0,084

	7,5
	2100
	0,377
	
	2524
	0,453
	500
	0,090

	8
	1600
	0,306
	
	2294
	0,439
	500
	0,096

	8,5
	900
	0,183
	
	2074
	0,422
	500
	0,102


In fig.6 is displayed the specific impulse Isp of the turbo-ramjet engine with hydrogen fuel and with pre-cooling, but also without pre-cooling for the same Mach numbers, according to data from ref.[12], together with Isp for H2 – O2 rocket propulsion for comparison reason.
Fig.6:  Specific impulse Isp of hydrogen fueled turbo-ramjet with and without pre-cooling.
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 In fig.7 is displayed the total efficiency  of the turbo-ramjet engine with hydrogen fuel and with pre-cooling, but also without pre-cooling for the same Mach numbers, according to data from ref.[12] and together with  for H2 – O2 rocket propulsion for reasons of comparison.

Fig.7: Total efficiency  for a turbo-ramjet with and without pre-cooling.  
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In fig.6, but more clearly in fig.7, we see for the turbo-ramjet without pre-cooling the influence of real gas effects. Further we can notice the relatively low, but slowly increasing with the Mach number, total efficiency  for the rocket propulsion.

7. Flight Performance.
Now we have investigated and reviewed in a first glance and global way all parameters, who determine the performance of our vehicle. We intentionally do not take into account the effect of earth rotation, depending from launch latitude and direction, in this very first assessment. Accordingly we make for the time being 2 further simplifying assumptions.
In the picture of fig.8 the schematic arrangement of forces and climb angle c during climb is presented. We assume here for the time being a simplification a constant *, referring to the data of table 3, and, in connection with the upward canting of the nozzles of 3º to compensate it, the total thrust Ft and the drag D being both in flight direction, but of course opposite to each other, as well as the lift L perpendicular to it, all in [kN]. We stick for this consideration to the aerodynamic coordinate system [Xa, Za], as defined and indicated in fig.8, with further m = vehicle mass in [103kg], Fc = centrifugal Force in [kN] in opposite direction of vehicle Weight mg in [kN] and finally climb angle c in [º].
Fig.8: Schematic arrangement of forces and climb angle.


[image: image58]7.1. Flight performance during Air Breathing Propulsion Phases.
For the performance calculations for the Mach numbers of table 4 we need the value of the thrust force Ft instead of the specific impulse Isp. We use therefore eq.[19] and write:
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and with continuity law for the 2 engines together, with p in [bar]:
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     eq.[29],     

with Ac = engine capture area  [m2],   v = M  a  [m/s]        and with
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Within the waverider configuration presented in fig.1 and 2 we can determine such an engine-airframe arrangement, that:
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with demf [m2] = engine main frame diameter.

Ac will be determined according to eq.[29] by the mass flow requirement 
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 at the ceiling altitude HaltC with M = 8, at which the climb angle 
c = 0 and the acceleration ac = 0, (see also fig. 8) to obtain the total thrust at ceiling FtC with eq.[32] according to eq.[28], with q in [bar]:
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Now, if we assume for reasons of optimal structural utilization by more or less constant aerodynamic loads, as shown in table 3, a climb with constant dynamic pressure q, we obtain:
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             eq.[33], 

or respectively with p in bar, (1 bar = 105 N/m2),:
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with alt and palt, being the density, respectively the static pressure at an altitude Halt, determined according to the ISA standard atmosphere.

With rel.[28], [29], [33] or [34] we can calculate the thrust, depending from Mach number, alternatively speed, and altitude.

From fig.8 we find in flight direction the following eq.[35] with the general movement equation and Newton’s law, with ac = acceleration in [m/s2]:
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               eq.[35],
with  
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And for the required Lift Lreq perpendicular to flight direction:
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                                   eq.[37]
To find a suitable expression for the centrifugal force Fc we consider that at circular satellite speed vs = 8000 [m/s] we would obtain the corresponding centrifugal force Fcs = m  g. We can then formulate the following relation:
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With eq.[36] we can transform rel.[35], respectively rel.[37] to:
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             eq.[40]
Since we assume maximum L/D and q = constant for climb conditions we can write with eq.[40] the condition for the aerodynamic Lift:      
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 eq.[41]
Climb conditions with matching of L with Lreq will be left open here for assessment by follow-on investigations and research.

For the ceiling conditions, (M = 8, c = 0), we obtain with eqs.[40] and [41]:       
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      eq.[42],            
with mC being the not to be exceed mass at ceiling, being thus a design criterion directly determined by the lift force LC.
Since air breathing propulsion thrust is depending from the air mass flow we cannot find a direct link between thrust and mass dissipation, so we then can only make a stepwise performance calculation with, additional to 

q = constant, the assumption of a constant acceleration ac for each step. In this document this will be done with a limited number of steps and therefore in a more or less crude way. For the next iterations in follow-up project studies an elaborated computer program can be set up for this purpose.
With the stepwise constant acceleration ac [m/s2] we can calculate stepwise the time lapse t:
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        eq.[43],  with v [m/s] being the speed difference, 
and with it the mass dissipation m, determined by fuel consumption:     
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                            rel.[44].
The traveled distance with each step s we can calculate with the general equation of movement:
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And for the corresponding stepwise range rs we make the approximation:
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In table 5 the performance calculation for the air breathing phases is presented. For format reasons it is split up in 3 parts.
Table 5.1.: Speed, altitude and propulsion mass flow.

	     M
	  p  [bar]
	   a  [m/s]
	  v  [m/s]
	 q [bar]
	 Halt [km]
	       [kg/s]



	0
	1,0315
	340,29
	0,00
	0,0000
	0
	1122,42

	0,25
	1,0315
	340,29
	85,07
	0,0453
	0
	2806,04

	0,5
	1,0315
	340,29
	170,15
	0,1812
	0
	5612,08

	0,8
	0,1371
	295,07
	236,06
	0,0617
	14,178
	1376,60

	2
	0,1007
	292,07
	584,14
	0,2830
	16,135
	2553,35

	2,5
	0,0644
	295,07
	737,68
	0,2830
	18,97
	2021,91

	3
	0,0448
	295,94
	887,82
	0,2830
	21,282
	1679,97

	3,5
	0,0329
	297,28
	1040,48
	0,2830
	23,356
	1433,49

	4
	0,0252
	298,44
	1193,78
	0,2830
	24,984
	1249,41

	4,5
	0,0199
	299,47
	1347,63
	0,2830
	26,515
	1106,77

	5
	0,0161
	300,40
	1502,00
	0,2830
	27,897
	993,02

	5,5
	0,0133
	301,24
	1656,81
	0,2830
	29,154
	900,23

	6
	0,0112
	302,01
	1812,04
	0,2830
	30,307
	823,11

	6,5
	0,0095
	302,72
	1967,65
	0,2830
	31,373
	758,02

	7
	0,0082
	303,81
	2126,66
	0,2830
	32,365
	701,34

	7,5
	0,0072
	305,53
	2291,48
	0,2830
	33,298
	650,89

	8
	0,0063
	307,15
	2457,21
	0,2830
	34,18
	607,00


According to table 5.1. the flight profile, (speed v and altitude Halt depending of flight Mach number M), for the air breathing phases are displayed in fig. 9:
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Table 5.2:  Forces, mass, climb angle and acceleration.
	     M
	     Ft  [kN]
	  D [kN]
	L  [kN]
	 Lreq[kN]
	m[103٭kg]
	    c [ º]
	 ac[m/s2]

	0
	2532,514
	0,000
	3053,206
	3144,635
	320,55
	0
	7,900

	0,25
	6095,808
	211,628
	2088,88
	3140,817
	320,20
	0
	18,377

	0,5
	11733,606
	832,164
	8759,693
	2218,011
	319,82
	45
	27,151

	0,8
	2793,380
	275,383
	3531,682
	3130,821
	319,42
	0
	7,883

	2
	4394,855
	1039,870
	8778,364
	2197,567
	317,65
	45
	3,644

	2,5
	3243,209
	986,083
	7618,076
	2776,718
	314,51
	25
	3,060

	3
	2508,296
	851,617
	6527,449
	2918,804
	311,61
	15
	2,807

	3,5
	1989,722
	779,902
	5918,321
	2951,443
	308,94
	8
	2,573

	4
	1610,005
	717,152
	5349,112
	2932,484
	306,45
	4
	2,244

	4,5
	1322,043
	605,097
	4674,838
	2895,454
	303,95
	2
	2,026

	5
	1097,659
	587,168
	4358,03
	2851,707
	301,49
	2
	1,363

	5,5
	919,030
	537,864
	3969,781
	2798,535
	298,19
	1,8
	0,983

	6
	774,315
	515,453
	3715,689
	2735,61
	294,04
	1,6
	0,620

	6,5
	655,349
	475,113
	3423,768
	2653,811
	288,01
	1,4
	0,401

	7
	555,535
	441,496
	3177,717
	2545,109
	279,23
	1,3
	0,202

	7,5
	470,644
	425,809
	3012,91
	2363,614
	262,48
	0,5
	0,092

	8
	398,916
	398,916
	2822,067
	2028,595
	228,33
	0
	0


Table 5.3.:  Time lapse, fuel consumption, flown distance and range.

	     M
	   t  [s]
	 m  [kg]
	  s [km]
	 rs [km]

	0
	10,77
	352,922
	0,458
	0,000

	0,25
	4,63
	379,321
	0,591
	0,000

	0,5
	2,43
	397,806
	0,493
	0,349

	0,8
	44,16
	1774,960
	18,109
	18,109

	2
	42,14
	3141,648
	27,849
	19,692

	2,5
	49,07
	2897,181
	39,883
	36,146

	3
	54,39
	2668,079
	52,440
	50,653

	3,5
	59,57
	2493,541
	66,549
	65,901

	4
	68,55
	2500,867
	87,106
	86,894

	4,5
	76,19
	2462,224
	108,554
	108,488

	5
	113,59
	3293,742
	179,408
	179,299

	5,5
	157,86
	4149,621
	273,797
	273,662

	6
	250,78
	6027,444
	473,934
	473,749

	6,5
	396,93
	8785,606
	812,567
	812,324

	7
	817,75
	16746,813
	1806,462
	1805,997

	7,5
	1796,93
	34152,730
	4266,541
	4266,378


Within the air breathing flight phase up to M = 8 a distance 
rs = 8197 km with an amount of  LH2 of  about m = 92245 kg is performed in 1 hour, resulting in an average fuel consumption of 
11,25 kg/km. However according to table 5.3 for the last part of the climb from M = 7,5 to M = 8 a distance of  4266 km is flown with 34153 kg of LH2 resulting in 8 kg/km. With  approximately 150 passengers, corresponding to the payload of 15000 kg a LH2 consumption per passenger and km of 0,053 kg/(km.pax) would be achieved. This may be of interest for considering possible hypersonic suborbital transport, which will not be investigated here, but will be the subject of another study.
From table 5.3. a required runway length of 1,5 km with full take-off thrust can be estimated. With longer runways of military air bases and civil airports with noise restrictions a take-of with reduced thrust can be envisaged.
7.2. Flight Performance during Rocket Propulsion Phase.
In order to keep the acceleration load factor in flight direction nx = constant at a defined limit for certification of the vehicle and the payload and taking into account the Drag D, we need a rocket propulsion with variable thrust. We select nx = 7, which corresponds with that of high performance jet fighters. The consequence of this selection is, that the astronauts must carry pressure suits during the climb flight phase.
Referring to fig.8 we assume for the rocket propulsion phase a shallow climb angle c ≤ 10º and a constant drag coefficient cD* = cD* for M = 8,5
With these assumptions and with eqs.[24] and [39] we obtain eq.[47]:
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        eq.[47]
As with the air breathing phases, we calculate stepwise the performance of the vehicle, but this time depending of altitude, starting with the altitude 
Halt = 34,18 km up to Halt = 86 km, which is the limit of the ISA and above which the aerodynamic drag is neglected here. But in contrary to air breathing we have now, with an overall constant acceleration and exit velocity, a direct link between thrust and mass dissipation, determined by the fuel mass flow.
In table 6 the flight performance depending of altitude for the rocket propulsion phase is presented. For format reasons it is split up in 2 parts.

Table 6.1.: Density, mass, speed and forces.

	Halt [km]
	[kg/m3]
	 m [103٭ kg]
	 v [m/s]
	  Ft [kN]
	  D [kN]
	L [kN]
	 Lreq [kN]

	34,18
	0,00934
	223,265
	2457,21
	15730,53
	398,916
	2822,067
	1983,601

	35
	0,008214
	217,140
	2588,37
	15643,2
	732,219
	2585,185
	1907,153

	40
	0,003851
	181,915
	3346,83
	12779,05
	286,975
	2026,401
	1472,245

	45
	0,001881
	144,750
	4326,41
	10174,2
	234,233
	1653,972
	1004,696

	50
	0,000978
	116,499
	5261,69
	8180,086
	180,133
	1271,963
	648,471

	55
	0,000537
	93,828
	6195,19
	6580,268
	137,116
	968,208
	368,462

	60
	0,000288
	78,375
	6986,20
	5475,493
	93,515
	660,328
	182,519

	65
	0,000149
	66,940
	7689,59
	4655,395
	58,613
	413,883
	49,972

	70
	0,000074
	58,106
	8328,77
	0
	34,151
	241,145
	0

	75
	0,000035
	58,041
	8323,72
	0
	16,133
	113,917
	0

	80
	0,000016
	58,041
	8321,33
	0
	7,371
	52,046
	0

	85
	0,000006
	58,041
	8320,24
	0
	2,763
	19,512
	0

	86
	0,000006
	58,041
	8320,24
	0
	2,763
	19,512
	0


According to table 6.1. the flight profile, (speed v depending of altitude Halt), for the rocket propulsion phase is displayed in fig. 10:
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Table 6.2.: Climb angle, flown distance, time lapse, fuel consumption and   

                  speed increase:

	Halt [km]
	   c [ º]
	  s [km]
	   t  [s]
	 m  [kg]
	 v [m/s]

	34,18
	10
	4,698
	1,91
	6125,447
	131,16

	35
	10
	28,648
	11,045
	35225,11
	758,46

	40
	6
	47,746
	14,265
	37164,76
	979,58

	45
	5
	57,296
	13,62
	28251,3
	935,29

	50
	4
	71,620
	13,594
	22670,76
	933,50

	55
	4
	71,620
	11,519
	15453,23
	791,01

	60
	4
	71,620
	10,243
	11434,35
	703,39

	65
	4
	71,620
	9,308
	8834,336
	639,18

	70
	4
	71,620
	8,594
	0
	-5,05

	75
	4
	71,620
	8,594
	0
	-2,39

	80
	4
	71,620
	8,602
	0
	-1,09

	85
	4
	14,324
	1,722
	0
	-0,08

	86
	4
	        -
	       -
	0
	0


At an altitude Halt = 70 km a speed of about v = 8329 m/s is attained and the engines are cut off. By the small amount of drag up to Halt = 86 km, being the limit of the defined International Standard Atmosphere this speed is very slightly decreased to about v = 8320 m/s. For altitudes above this limit the free wave length of molecules is regarded to be in the same magnitude as the vehicle length, so the residual atmosphere cannot anymore be regarded as a continuum and its effect is here neglected.
During the rocket propulsion phase an amount of 21207 kg LH2 and 

147751 kg LO2 is burned. Further it is assumed, that, according to ref.[17]  additionally 5% = 1060 kg of this quantity is estimated to be used for film cooling of movable part of the nozzle. Together with the amount of 
92225 kg LH2 during the air breathing propulsion phase leaves that 
3583 kg LH2 and 6219 kg LO2 for in-orbit maneuvering, including LH2 for landing and for a reserve additional to dynamic soaring for flying to an alternate landing site.
8. Conclusions.
The realization of a SSTO Spaceplane comes into reach within the next 
10 – 15 years, provided following main technology research and development items, besides those, which are generally required with high-speed aircraft development, will be executed:
 - Further experimental development of heat exchangers, based on nanotube  

   SiC technology with helium in close circuit as coolant, pioneered and  

   already successfully realized by REL. The aim is to obtain a heat 
   exchanger, which can sustain stagnation air temperatures of about 3000ºK.
- Research and development of actively cooled lightweight SiC structures, 

  also with helium coolant in close circuit. Structure tests and heat flow tests 
  under simulated flight at M = 8 and reentry conditions.
- Research and development of the turbo-ramjet propulsion with heat  

  exchanger system. Tests of its components, subsystems, like the helium  

  closed circuit, and the complete system. For this it makes sense to perform 
  separate wind tunnel test with the variable and retractable near-isentropic 
  PRANDTL-MEYER intake, including the subsonic diffuser. For testing the 
  part of the system behind the diffuser pre-heated air to simulate the effect 
  of the intake can be used.
- Design, development and test of remotely controlled free flight models on 
  reduced scale to identify and solve handling and control problems, leading 
  to an early verification of flight characteristics in all flight phases.
Design and development of an SSTO system, like the VULCAN II, is a major challenge to realize affordable space transportation and access. It enables commercial space exploration on an economically realistic basis.
It responds to the necessity to keep the ISS alive beyond 2020 and to enable a modernization and large extension of it and its capabilities.
The situation of the SSTO technology, coming now into view, is like the author once experienced on the very beginning of a long, long flight from LHR to LAX with the aircraft full of fuel and passengers, rolling away from the platform and the captain saying: “folks, we are on our way”.







              Kay Runne, November 2013.
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